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ABSTRACT 


An  investif'ation  was  conducted  in  the  16-Ft  Transonic  Tunnel 
of  the  Propulsion  Wind  Tunnel  Facility  at  the  Arnold  Center  to 
evaluate  base  hcatinp  of  the  Saturn  S-1  Booster. 

Various  turbine  exhaust  stack  confij'urations  were  tested  over 
a  Mach  number  range  of  0.  6  to  1.  5,  an  altitude  range  of  10,  000  ft 
to  42,000  ft,  and  a  missile  angle-of-attack  range  of  0  to  -7  1/2  deg. 
Rocket  engines  using  liquid  oxygen  and  RP-1  were  used  to  simulate 
the  full-scale  engine  exhaust,  and  hydrogen  was  used  to  simulate 
the  turbo-pump  exhaust. 

Base  burning  at  all  test  conditions  was  eliminated  for  only  one 
of  the  turbine  exhaust  stack  configurations.  Various  degrees  of  base 
burning  were  obtained  for  all  other  exhaust  stack  configurations, 
but  no  burning  occurred  at  a  free-stream  Mach  number  of  1.  S  for 
the  trajectory  altitude.  At  altitudes  above  29,000  ft,  only  localized 
base  burning  occurred  and  the  accompanying  heating  rates  were  low. 


AfcDC-TN-41-I06 


CONTENTS 


Page 


APiSTKACT .  3 

NOMENCLATl-RE .  9 

INTROUUCTinN .  11 

APPARATUS 

Test  Facility .  11 

Test  Aiticie 

Turbo-  Pump  Exhaust .  .  12 

Engines .  12 

INSTRUMENTATION 

Calorimeters .  13 

Engine  Instrumentation .  13 

PROCEDURE .  13 

RP'SULTS  AND  DISCUSSION 

Boundary -I  .aver  Survey .  14 

Base  Heating .  14 

Base  Presumes .  18 

CONCLUSIONS .  18 

REFERENCES .  19 


TA8LE 

1.  Ctiurimeter  Descn|>tu«ns  and  Constants 

ILLUSTRATIONJ 


21 


Figure 

1.  Test  ln«taU..t:  -'i  in  Tunnel .  23 

2.  Rocket  Propellant  System .  N 

3.  Suturn  Base  He'Stinf;  Model  Tunnel  Inslalltiiion 

s.  Front  View . 25 

h.  Rear  Vmw .  ;'6 

4.  Dimensional  Skelvh  of  Model  Tested .  27 

5.  Exhaust  .Stack  Comigurstion  I -A  and  DB .  28 

6.  Exhaust  Stack  Configuration  2 .  29 

7.  Exhaust  Stack  Configuration  3 .  30 


A'  DC-TN.6!-'06 


Figure  Page 

8.  Insirumentatiou  Locations .  31 

9.  Boundary- Laver  Mach  Number  Distributicn  for 

Various  F'rec -Stream  Mach  Numbers,  a  =  0 .  j2 

U).  Star  StiieUi  Ileatiuf;  huies  as  a  i-'imetion  of  Calorimeter 
Tcnperature  fur  Configuration  1  -  A 

a.  0.6.  .Altitude  10,  OOO  ft . 

b.  0.8,  .Altitude  16,  000  ft  .  33 

c.  .M,  1.0,  Altitude  22.  00  )  ft .  34 

d.  .M.  1.2,  Altitude  20.  000  ft .  35 

e.  M„  1.2,  Altitude  35.  000  ft .  36 

1.  .\1,  1.2,  Altitude  42.  (,00  ft .  07 

g.  Al,  1.4,  Altitude  35.  000  ft .  36 

h.  .M,  1.5,  Altitude  30, 000  ft .  39 

11.  Star  Shield  Heating  Rates  as  a  Function  of  Calorimeter 
Temperature,  M,  0.8.  .Altitude  16.  OOU  ft, 

Configurali  ui  l-B .  40 

12.  Star  Shield  Heating  Rates  as  a  Fumtion  of  Calorimeter 
Temperatui  i'  for  Cunfiguratiun  2 

a.  M,  0.  h.  Altitude  16.  uOO  ft .  41 

b.  .\1,  1.2.  Altitude  20.  ooo  ft .  41 

c.  M,  l.a,  Altitude  39. 000  ft .  42 

1 3.  ,'itai  Shield  Heating  halts  as  u  Fui.etion  of  Caloruiieter 
rc«ii;>eratstre  fur  Cuiiftgurntitm  3 

a.  M,  0  8.  Attitude  Hi.  000  ft .  43 

b.  .\l,  1.  2.  Altitude  29. 000  ft .  43 

e.  M,  1.5.  Alt  it  ude  30.  out)  ft .  4t 

14  Star  Shield  KKperimenlal  KUm  Coefficient .  45 

15.  Star  Shield  Mquilibrtum  remperature .  46 

16.  Turbine  Uxbaus*. -tiff  H«se  Heating  Kates  for  Various 
Calonnieior  Locations  with  Trajeclorv  Contlitlnns  as 

a  (’nramcler . 47 

17.  The  Increase  in  liase  Heating  HnslueeJ  by  Turbine 
Kxhaust  fl)  'ration  fut  Various  Kxhioist  Configurations. 

M,  0  8.  Altitude  16. 000  ft .  48 

IK.  Th  *  Increase  in  Base  Healing  Hrodured  by  Turbine 

l-lxliuust  Operation  for  Various  llxhaust  Configurations, 

M,  1.2.  Altitude  29. 000  ft . 49 


b 


‘1-106 


Figure 


Gas  Temperatures  Close  to  Primary  Heat  Shield  for 
Trajeetorv  Conditions . 


The  Incr  ease  in  Base  Heating  Fi’oduceil  by  Turbine 
Plxhaust  Operation  for  Var  ious  Altitudes,  M,  -  J.  2, 
Configuratio.i  1-A . 


riie  Inci'case  in  Base  Heating  Produced  oy  Turbine 
Exhaust  Opei  ati<i!i  for  Var  ious  Angles  of  Attack, 

I--.  Aiiitude  ‘29,000  ft.  Configuration  1-A  .  . 

Comparison  of  One-Plngine-Inoperalive  and  Nor  mal- 
Operation  Base  Heating  Rates,  1.2, 

Altitude  29,000  ft,  C*<nfiguration  1-A 

a.  Turbine  Exhaust-Off  Heating  Hates  ... 

b.  Increase  Pr  oduced  by  Turbine  Exhaust 

Operation . 


Basi‘  Pre  ssure  Ratio  for  Tt  ajectory  ('oiHUtion.s  on  the 
Primary  Heat  Shield . 

Comparison  of  B  ise  Pres.sitre  Ratio  at  Trajectory 
Conditions  between  the  Priiuary  and  Star  Heat  Shields. 

Hise  Pr  essure  Ratio  a.s  a  h'uru  tion  of  Free-Strearn 
•Matic  Pressui'e.  Configuration  l-A 

a.  Primar\v  Heat  Siiield . 

b.  Star-  Heat  Shield . 


AE3C.TN-61-106 


NOMENCLATURE 


I) 

dt 

he 


M. 

Mx 

O/F 


Pb 

‘I 


T 

»■« 

0 

t 

X 

o 

9 


Specific  heat  of  calorimeter  slui;  ifunction  of  matt>rial  and 
temperature),  Btc/lb-“H 

Body  di:  meter,  13.92  in. 

Slope  of  temperature-lime  history  rurve 

dq 

Kxperimentai  convection  filnj  conductance, 

BtUi  ft“-sec-*K 

I"ree-strean»  Mach  number 

L.oca!  Mach  number 

Oxidi.'.cr  to  fuel  weijjht  flow  ratio 

Frce-streain  static  pressure.  Ib/fi^ 

Avcvik^c  base  static  pressure,  lb/ft“ 

dT  2 

Calorimeter  heattnn  rate,  p  -  Cp  T--.  Btu/ft  -sec 

Chanyt  in  raior'meter  total  heat  rut.  due  to  turbine  exhaust 
introduction,  3tu/ ft^-seo  (q,  turbine  exhaust  on. -q,  turbine 
exhaust  off) 

Temperature  ‘F 

Gas  temperature,  *F 

Ksiimatod  equilibrium  tempei atu.  e,  *F 

Tune,  sec 

Uistaiice  from  model  surface,  in. 

.Model  un^le  of  attack,  dec 

Calorimeter  toes* urn.  de^  clockwise  around  an  eiqtine  (The 
line  conneclinj:  the  center  of  ih?  entjine  and  the  center  of  its 
turbine  exhsuat  duct  is  scru  dex- 1 

Density  of  slum  matcrinl.  Ib/ft'* 

Thickness  of  calorimeter  slu*,.  It 


9 


AFDC-TN.<U104 


INTRODUCTION 


At  the  request  of  the  Georf^e  Marshall  Spaee  Flight  Center,  NASA, 
tests  were  ct  .r.ueted  to  determine  base  heating  on  a  5. 47-percent  scale 
inedel  of  the  Suturn  S-1  booster.  Reported  herein  are  the  results  of  tests 
conducted  in  the  IB- Ft  Pransonic  Tunnel  of  the  PWT,  .Arnold  Center,  Air 
Foi  ce  Systems  Command,  from  May  9  to  May  26,  1961. 

Scale  rocket  engines  burning  liquid  oxygen  and  HF^-l  were  used  to 
produce  the  main  engine  exhaust.  Hydrogen  was  used  to  simulate  the 
fuel- rich  turbo-pump  exhaust.  Several  exhaust  stack  configurations  were 
tested  covering  a  Mach  number  range  from  0.6  to  1.5  at  predicted  trajec¬ 
tory  altitudes.  In  addition,  more  extensive  tests  were  made  with  one 
turbine  exhaust  configuration  to  determine  the  effects  of  angle  of  attack, 
one-engine  inoperative,  and  off-trajcctory  altitudes  on  base-heating. 


APPARATUS 


TSST  FACILITY 

The  PWT  16- IT  Transonic  Tunnel  is  a  continuous  flow,  closed- 
circi.it  type  wind  tunnel  in  which  .Mach  number  can  be  varied  from  0.  5 
to  l.B  and  altitude  from  sea  level  to  over  100,000  ft.  The  rocket  exhaust 
g.isos  are  removed  from  the  circuit  b.v  .scavenging  system,  and  simul¬ 
taneously,  conditioned  air  is  supplied  through  the  make-up  air  system  to 
maintain  the  tunnel  at  equilibrium  conditi  ms.  More  complete  descrip¬ 
tions  of  the  tunnel  and  propulsion  testing  therein  are  given  in  Refs.  I 
,ind  2,  respectively.  Shown  in  Klg.  I  is  a  sketch  of  the  tunnel  test  .section 
with  the  basic  model  installed. 

The  rocket  propellant  system  includes  equipment  designed  to  deliver 
liquid  oxygen  and  fuel  ut  controlled  flow  rates  and  auxiltsry  systems  pro¬ 
viding  fur  engine  ignition,  water  cooling,  and  nitrogen  fur  tine  purging 
and  shroud  line  pressurisation.  The  rocket  propellant  system  is  shown 
schematically  in  Fig.  2,  and  ^  more  completi  description  of  the  s.vslem 
is  given  in  Kef.  *. 
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TEST  ARTICLE 

An  arbitrary  forebody  was  used  witn  an  exact  scale  shroud  and  en- 
t'lne  compartment.  The  model  had  a  spherical  nose  section  and  a  conic 
transition  to  the  cylindrical  body.  The  contoured  aft  section  was  fitted 
with  eight  engines  and  a  removable  heat  shield.  Views  of  the  strut 
mounted  model  in  the  16- Ft  test  section  are  shown  in  Fig.  3.  A  dimen¬ 
sional  .sketch  of  the  model  is  shown  in  Fig.  4. 

Tkrbo-PumD  Exkautit 

The  simulated  turbo-pump  exhaust  for  the  four  outer  engines  was 
ducted  through  exhausterators  installed  on  each  of  the  engines.  The 
design  was  such  that  the  exhaust  was  injected  into  the  jet  at  90  deg  to 
the  jei  through  an  annular  slot  at  the  jet  exit  plane. 

Various  exhaust  stuck  configurations  which  projected  from  the  side 
of  ihe  .nodel  wei'e  used  to  simulate  turbo-pump  exhaust  ducts  for  the 
four  inner  engines.  The  exhaust  stack  configurations  tested  are  shown 
in  Figs.  5  through  7.  The  heating  value  of  the  exhaust  of  the  full-scale 
turbines  was  simulated  by  a  flow  of  approximately  0.  01  Ib/sec  of  hydro¬ 
gen  through  each  of  the  eight  turbine  exh.nists. 

Engintt 

The  :‘ocket  engines  which  were  developed  by  the  George  C.  Marshall 
Space  Flight  Center,  NASA,  haa  an  area  ratio  of  7.  72  and  were  designed 
to  operate  at  a  nominal  chamber  pressure  of  500  psia.  an  O/F  ratio  of 
approximately  2.  and  a  total  propellant  flow  of  2.  25  Ib/sec  per  engine. 
Cooling  WHS  accomplished  with  an  integral  water  jacket  at  a  flew  rate  of 
3  lb  s**c.  All  engines  were  ignited  simultaneously  by  Injecting  trieth- 
ylaluniinuin  (a  pyrophoric  fuel)  into  a  section  of  a  secondary  fuel  Une, 
Injection  of  the  pyroph<»ric  fuel  into  the  engine  by  the  secondary  fuel  flow 
l  e.stilieil  in  ignition  with  l.t)^  and  subsequent  burning  of  the  secondary 
flow  which  was  followed  by  the  main  atage  fuel  flow,  The  trlethyla'uminum 
and  subsequent  secondary  fuel  flow  entered  at  the  center  of  the  injector, 
and  the  main  .stage  fuel  was  introdr.ced  through  peripheral  rows  of  ori¬ 
fices  in  the  injector. 


INSTRUMENTATION 


Caiorirneter  and  pressure  orifice  locations  on  the  heat  shield  are 
shown  in  Fig.  8.  During  engine  operation,  heal  shield  temprraiures 
and  pressure  measurements  were  continuously  cummutatec  at  a  rate  of 
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100  por  second  into  .i  -speed  dif^itizcr  and  recorded  on  magnetic  tape. 
Base  pressure  trntisducers  were  l»)catctl  in  liie  model,  and  calorimeter 
temperatures  were  tneasured  by  moatiH  of  chromcl  alumel  tiiermocouplcs. 


CALORIMETERS 

The  model  heat  shield  was  of  sandwich  construction  and  consisted  of 
a  1/ Ui-in.  thick  mild  steel  ft>rward  plate  and  a  1/lfi-in.  thick  copper  aft 
plate.  The  segments  were  separated  with  a  0.  HB-in,  thick  sheet  of 
MIN-K  insulating  material.  Tiie  calor-imetcrs  were  mounted  flush  with 
the  aft  plate.  The  calorimeter  location  designations  shown  in  Fig.  8  also 
indicate  the  type  of  calorimeter.  Calorimeter  descriptions  and  constants 
are  presented  in  Table  1  for  each  type  of  calorimeter. 


ENGINE  INSTRUMENTATION 

Transducers  located  in  the  model  measured  individual  engine  cham¬ 
ber  pressures,  which  were  monitored  on  strip  chart  recorders.  These 
recorders  were  used  also  as  permissive  switches  to  prevent  opening  of 
the  main  stage  fuel  valve  unless  each  engine  was  running  on  secondary 
fuel  flow.  Millivolt  indicators  were  used  to  monitor  engine  cooling  water 
temperature  rise  and  also  to  provide  an  over-lempcrature  cutoff.  Water, 
liquid  oxygen,  and  RP-1  fuel  flow  rates  were  monitored  by  using  turbine- 
type  flow  meters. 


PROCEDURE 


These  te.st.s  were  run  at  predicted  Saturn  trajectory  altitudes  and 
Mach  numbers.  Several  test  points  were  run  to  investigate  the  effect  of 
free-stream  static  pressure  on  base  heating  at  a  fixed  Mach  number. 
F’ull -scale  engine  chamber  pressure  could  not  be  attained  with  the  exist¬ 
ing  scale  engines.  In  order  not  to  compromise  the  phenomenon  of  base 
burning,  correct  altitude  pressures  were  run  rather  than  match  exit 
pressure  ratio.  The  turbo-exhaust  was  simulated  with  hydrogen  at  a 
weight  flow  which  duplicated  the  scale  heating  value  of  the  fuel-rich 
turbo-pump  exhaust.  The  exit  total  and  static  pressures  and  tempera¬ 
ture  of  the  full -scale  turbine  exhaust  were  not  simulated. 


'  !n  »  iBh  test  I*un  Ihe  tunnel  conditions  were  established  at  the 
iviaek  humb*!*  and  attitudo.  and  a  test  point  was  taken  to  docu¬ 
ment  the  tunnel  set  conditions.  A  countdown  of  15  seconds  was  used  to 
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stat't  trnnsIiTit  recoriUnj:'  «.;C|iil|>tni‘nt  ati<l  c*aim*ras,  and  a  lo.st  |Hjjnt  to 
establish  tho  ossentiully  sti'iuly-slalo  data  was  automatically  recorded 
at  +a  seconds.  Knuine  operation  at  .stabil chamber  conditions  had  a 
duration  of  lU  seconds.  The  en^'ines  were  operated  at  approximately 
500  psia  chamber  pressure  and  an  OfV  ratio  of  approximately  2.  1.  No 
attempt  was  maile  to  investi;'ate  these  parameters  ns  test  variables. 
He.iliiif;  rales  with  turbine-exhaust  off  were  established  during*  the  first 
four  seconds  of  main  sta;;i-  engine  operation;  the  hyclro/'on  valve  was  then 
o|)ened,  and  h.eatinn  rate.s  were  established  with  the  simulated  turbine 
exhaust  flow.  I'nless  a  confinuration  ehanne  was  required,  the  lest  con¬ 
ditions  for  another  point  on  iht'  trajectory  were  established  and  the  above 
procedure  was  repeated. 


RESULTS  AND  DISCUSSION 


BOUNDARY-LAYER  SURVEY 

To  document  the  flow  in  the  vicinity  of  the  aft  end  of  the  missile^ 
boundary  layer  surveys  were  made  12  in.  upstream  of  the  base  shroud 
exit.  The  results  of  these  surveys  made  during  a  portion  of  the  test  are 
shown  in  Fig.  9. 


BASE  KEATING 

Heating  rates  were  obtained  both  with  and  without  simulated  turbine 
exhaust  for  each  rocket  firing.  All  heating  rates  were  computed  by  deter¬ 
mining  the  change  in  calorimeter  temperature  over  a  0.  -l-sec  time  interval 
and  applying  the  proper  calorimeter  ctmstanl. 

Various  compromises  were  recieired  in  the  scale  model,  and  there¬ 
fore,  the  heating  rates  presented  heroin  are  useful  in  obtaining  trends 
and  for  configuration  comparisons,  but  should  be  used  with  caution  to 
obtain  full-scalt?  beating  rates.  These  compromises  included  differences 
in  inner  engine  cant-angle  and  clearance  at  the  exits,  engine-exit  to  frec- 
stream  static -jjressu re  ratio,  engine  O/F  ratio,  engine  combustion  offi- 
ciency,  and  turbine  exhaust  aerodynamic  characteristics.  Tho  effect  of 
Some  of  these  compromises  on  the  base  [uniting  rates  will  be  discussed 
later. 

Star  ShieiJ  Heotiag 

Heating  rates  for  various  trajectory  conditions  us  :i  function  of 
calorimeter  temperature  for  the  star  shield  (see  Fig.  8)  are  shown  in 
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Figs.  10,  !  I,  115,  and  Hi  for  all  turbo-oxhuust  stuck  configurations.  For 
each  test  cuTidifion,  heating  rates  were  established  during  the  whole  period 
of  engine  operation;  the  first  five  seconds  provided  heating  rates  for  the 
turbine-exhaust -off  and  the  rcinaniilei  of  the  firing  provided  heating  rates 
for  the  combined  engine  and  tiirb««-exhauHt  operation. 

The  experimental  film  heat  iransfc'i-  eoefficients  obtained  by  taking 
the  slope  of  the  healing  rate  temi*erature  ilata  in  Figs.  10,  11,  12,  and  13 
are  presented  in  p'ig.  Hi  a.s  a  function  of  free-st  .’eam  static  pressure 
{trajectory  Mach  number  is  alia>  Indicated).  .Star  shield  heating  was 
essentially  the  same  for  all  exhaust  t onfigerations.  The  equilibrium 
wul'.  temperature  deter.minod  by  extrapolation  of  the  data  to  a  healing 
rate  of  zero  is  shown  in  Fig.  15.  This  temperature  is  believed  to  be 
very  nearly  the  local  stagnation  temj)eratiire  since  the  radiation  heating 
rate  observed  on  other  portions  of  the  heat  shield  was  small  (no  satis¬ 
factory  radiation  heating  measurements  were  obtained  on  the  star  shield). 

The  increase  in  equilibrium  wall  temperature  (Fig.  15)  produced 
when  the  turbo-exhaust  was  introduced  indic^es  that  the  flow  at  the 
center  of  the  base  was  an  aspirating  one.  The  near  agreement  of  the 
equilibrium  temperatures  and  film  coefficients  with  and  without  turbo- 
exhaust  flow,  obtain»>d  at  the  highest  Mach  numbers  and  altitudes,  indi¬ 
cates  that  inner-engine  exhaust  backflow  will  predominate  at  higher  alti¬ 
tudes.  Since  the  properties  of  the  gas  mixture  flowing  over  the  star 
shield  are  unknown  for  both  the  model  and  full-scale  vehicle  prior  to 
backflow,  correction  of  the  model  heating  rates  to  full-scale  would  be 
uncertain.  If  the  full-scale  and  model  engine  exhaust  properties  are 
known,  backflow  heating  rates  could  be  obtained  by  proper  application 
of  Reynolds  and  Prandtl  numbers  to  the  experimental  film  coefficient. 
Correction  of  the  adiabatic  wall  temperature  for  the  higher  exhaust  gas 
temperatures  the  full-scale  configuration  would  also  be  required. 

The  model  inner  engine  0-deg  cant -angle  and  smaller  than  scale 
clearances  between  the  engines  at  the  exits  would  cause  the  transition 
from  aspiration  to  backflow  to  occur  at  a  lower  pressure  ratio  than  the 
three-degree  outward  cant-angle  and  larger  clearance  spaces  of  the  full- 
scale  booster.  Thu.s,  the  backflow  and  higher  heating  rates  would  be 
delayed  to  some  extent  for  the  full-scale  configuration.  The  considerably 
lower  engine  exhaust  stagnation  temperatures  of  the  model  engines  in 
comparison  to  the  fiill-sciile  engines,  however,  result  in  lower  star 
shield  turbine-oxhaust-off  heating  rates.  Low  model  engine  combustion 
efficiency  and  the  lower  O/  F  ratio  at  which  peak  efficiency  was  obtained 
resulted  in  an  estimated  stagnation  temperature  of  3860*R  in  comparison 
to  a  theoretical  stagnation  temperature  of  5600*R  at  the  full-scale  O/P 
ratio. 
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Pfimory  H*o»  Shield 


l-’or  comparison  of  turbine  exhaust  stack  configurations  and  test 
variables,  heating  rates  at  fixed  calorimeter  tempo,  atures  are  presented. 
Since  heating  rate  is  a  function  of  the  calorimeter  (or  viuir;  temperature, 
all  heating  rates  used  for  comparison  purposes  were  selected  at  the  P  '.me 
calorimeter  temperature.  The  healing  rates  presented  for  turbine- 
exhaust-off  are  for  an  arbitrary  calorimeter  temperature  of  approxi¬ 
mately  lOO’F.  The  change  in  heating  rale  that  is  preronted  to  compare 
the  effect  of  the  turbine  exhaust  is  for  a  calorimeter  temperature  of 
approximately  180®F.  The  heating  rates  measured  on  the  primary  heat 
shield  \ve*'e  lower,  in  general,  than  those  measured  on  the  star  shield. 
These  heating  rates  and  accompanying  temperature  changes  were  too 
small  to  obtain  accurate  film  coefficients  and  equilibrium  temperatures. 

The  healing  rates  without  turbine  exhaust  for  various  calorimeters 
are  presented  as  a  function  of  calorimeter  azimuth  location  about  two  of 
th^  oute*-  engines  in  Fig.  IG.  With  the  exception  of  the  calorimeters 
located  at  iO  deg  and  125  deg,  the  general  level  of  the  turbine-exhuMst- 
off  heating  rate  is  approximately  5  Btu/ft^/sec.  The  calorimeters  with 
the  lower  lieating  rates  were  partially  shielded  by  the  model  skin  exten¬ 
sion  beyond  the  heat  shield,  and  in  addition  were  subjected  to  cooling 
from  frec-stream  air  flow  inducted  through  nearby  scoops.  The  radia¬ 
tion  heating  for  all  locations  and  test  conditions  was  approximately 
2  Btu/ft^/sec.  Assuming  that  the  radiation  is  proportional  to  the  fourth 
power  of  the  engine  exhaust  stagnation  temperature,  the  full-scale  radia¬ 
tion  level  Would  be  approximately  12  Btu/ft^/sec.  Bare  thermocouples 
located  in  the  model  just  aft  of  the  heat  shield  indicated  an  essentially 
constant  temperature  of  200* F.  This  relatively  low  gas  temperature 
indicated  that  a  negligible  amount  of  engine  exhaust  was  present  in  the 
base.  Relatively  low  equilibrium  temperatures  would  be  obtained  even 
with  the  higher  full-scale  exhaust  stagnation  temperatures. 

The  effect  of  the  simulated  turbine  exhaust  flow  on  base  heating  is 
shown  in  Figs.  17,  18,  20,  and  21  as  the  change  in  heating  rate,  which 
occurred  when  the  turbine  exhaust  was  turned  on.  An  increase  in  heating 
occurred  for  all  lest  conditions  in  which  any  effect  of  turbine  exhaust  was 
observed. 

Figures  17  and  18  show  a  comparison  of  the  base  heating  for  different 
turbine  exhaust  configurations  at  M„  =  0.  8  and  1. 2.  The  heat  flux  did  not 
increase  above  turbine-exhauat-off  heating  rates  at  M„  =1.5  for  apy  of 
the  configun.lions,  nor  did  the  turbine  exhaust  produce  any  convective 
coding  in  the  base.  The  streamlined  exhaust  stacks  (configuration  3) 
showed  no  Increase  in  base  heating  rate  at  any  test  condition.  The  fact 
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that  baa#'  burning  was  eliminated  with  this  configuration  indii.atcs  that 
the  oxliauateralors  on  the  four  outboard  engines  did  not  cause  significant 
base  burning.  No  significant  dilferences  in  base  heating  were  observed 
at  M„  •  0.  U  for  the  other  exhaust  stuck  configurations;  however,  at 

-  1.2  for  configuration  2  {short  stack),  the  heating  rale  inorcuses 
were  greater  than  for  configuration  I7A  (long  stack,  streamline  bracket). 
The  heating  rates  nn?asured  around  engine  number  2  location  we^e  signif¬ 
icantly  higher  than  for  the  engine  number  2  locution  when  the  short  stacks 
were  used.  This  may  be  attributed  to  differences  in  stack  height  (the 
stack  height  in  this  quadrant  was  12  i»erccnt  loWv.r  than  in  the  others). 

Insufficient  thermocouple  instrumentation  was  installed  to  determine 
gas  temperature  profiles  in  the  boundary  layer  or  temperature  distribu¬ 
tions  at  the  surface  of  the  heat  shield.  Thermocouples  projecting  through 
the  primary  heat  shield  near  engine  number  3  (see  Fig.  8)  however,  had 
a  very  rapid  response  and  measured  essentially  constant  temperatures 
during  each  of  the  phases  of  operation  (turbinc-exhaust-off  and  turbine- 
exhaust-on).  A  qualitative  comparison  of  the  base  burning  for  the  turbine 
exhaust  stack  configui  alions  was,  therefore,  readily  obtained  from  these 
temperatures  as  shown  in  Fig.  19.  The  conclusions  drawn  from  these 
comparisons  are  the  same  as  those  obtained  from  the  heating  rates.  The 
temperatures  indicate  no  base  burning  with  configuration  3  and  configura¬ 
tion  2,  compared  to  1-A,  showed  increased  burning  at  M„  =  1.  2  and 
reduced  burning  at  =  0.  8.  No  burning  was  observed  below'  500  psfa 
frcc-stream  static  pressure  for  any  of  the  configurations;  however,  the 
scale  effects  arc  such  that  burning  could  persist  in  the  full-scale  configu¬ 
ration  to  lower  frcc-stream  static  pressures. 

The  effect  of  off-trajectory  altitude  on  base  heating  at  =  1.2  Is 
shown  in  Fig,  20.  At  trajectory  altitude  (29,  000  ft)  base  heating  was 
extensive;  however,  a  small  increase  in  altitude  resulted  only  in  local¬ 
ized  heating.  At  42,  000  ft,  the  base  heating  from  the  tiirbine  exhaust 
was  essentially  eliminated. 

As  shown  in  Fig.  21,  the  increase  In  heating  due  to  the  turbine  ex¬ 
haust  w'as  essentially  the  same  at  0  deg  and  -4  deg  angle  of  attack;  how¬ 
ever,  the  increase  in  heal  flux  around  the  top  engine  (number  2)  at 
-7  1/2  deg  angle  of  attack  was  the  highest  noted  during  the  test. 

Since  the  failure  of  one  of  the  engines  would  not  necessarily  abort 
a  flight,  it  was  desirable  to  determine  the  effect  of  an  inoperative  engine 
rn  the  base  heating.  This  condition  was  investigated  with  the  number  7 
engine  inoperative.  The  increase  in  heat  flux  decreased  around  the  top 
(number  2)  engine  and  Increased  near  the  side  engine  (number  3)  as 
shown  in  Fig.  22.  Small  but  negligible  effects  were  noted  for  the  turbino- 
exhaust-off  heating  rates. 
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BASE  PRESSURES 

The  ratio  of  base  pressure  to  frec-str»»am  static  pressure  for  the 
primary  heat  shield  Is  shown  in  Fig.  23  for  trajectory  conditions.  Opera¬ 
tion  r^f  the  engines  resulted  in  an  increase  in  base  pressure  as  would  bo 
expected.  At  »  1.2  a  significant  inci^ease  in  base  pressure  was  ob- 
.served  when  the  simulated  turbine  exhaust  was  used.  The  effect  was  the 
same  for  all  turbine  exhaust  configurations.  The  increase  in  base  pres¬ 
sure  was  not  influenced  by  the  exhaust  stack  configuration  and  is  believed 
to  be  attributable  to  the  change  in  the  jet  wake  caused  by  the  exhaustera- 
tot  H. 

The  ratio  of  base  pressure  on  the  star  shield  to  free-stream  static 
pressure  is  sliown  in  Fig.  24.  Comparison  of  the  star  shield  base  pres¬ 
sure  ratios  with  the  primary  shield  base  pressure  ratios  (shown  dashed) 
indicates  iiigh  aspiration  at  the  low  Mach  numbers,  and  the  equalized 
pressures  at  M,  -  1.4  and  1.5  indicate  the  transition  to  backflow,  as 
was  also  shown  by  the  star  shield  heating  (Fig.  15). 

The  effect  of  higher  trajectory  altitudes  at  M.  '  1,  2  is  shown  in 
Fig.  25.  The  base  pressure  ratios  for  turbine-exhaust-off  operation 
were  found  to  be  a  linear  function  of  the  freo-stream  static  pressure  and 
increased  as  the  free-stream  static  pressure  was  reduced.  At  the  higher 
altitudes  (lower  pressures)  the  change  in  base  pressure  produced  by  the 
turbine  exhaust  was  negligible.  The  effect  of  the  engine  exhaust  on  the 
ba.«io  pressure  was  small  at  the  higher  pressures  and  very  large  at  the 
lower  pressures.  The  higher  Mach  number  data  at  comparable  free- 
stream  static  pressures  indicate  thu*  the  power  on  base  pressure  is 
aJso  dependent  upon  Mach  number  as  well  as  free-stream  static  pressure. 


CONCLUSIONS 


1.  Simulated  turbine  exhaust  flow  caused  increased  star  shield  equilib¬ 
rium  wall  temperatures  and  lower  film  coefficients  for  all  exhaust 
stack  configurations  at  the  lower  Mach  number  and  altitude  trajec¬ 
tory  conditions. 

2.  Negligible  effects  of  the  turbine-exhaust  on  star  shield  heating  at 
the  maximum  test  Mach  number  indicated  the  transition  from  inner 
engine  base  aspiration  to  backflow  occurred  at  this  condition. 
Equalization  of  the  primary  heat  shield  and  star  shield  pressures 
at  the  ic  test  conditions  also  showed  this  base  flow  transition. 
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Burning  of  the  simulated  turbine  exhaust  gases  in  the  missile  base 
did  not  occur  when  the  streamline  exhaust  stacks  were  used.  Burn¬ 
ing  did  occur  at  some  of  the  test  conditions  when  the  other  exhaust 
stack  configurations  were  used. 

The  base  burning  phenomenon  wac  found  to  be  influenced  by  trajec¬ 
tory  altitude  at  =  1.  2  with  near  zero  increases  in  heating  rates 
due  to  the  turbine  exhaust  at  higher  altitudes. 

Increased  base  heating  due  to  increasing  the  angle  of  attack  was  not 
significant  below  approximately  4  deg.  At  7-1/2  deg,  large  in¬ 
creases  in  base  heating  were  produced. 
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